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In this lecture we shall be concerned wi 
processes in that portion of the earth's atmos 
dominant mode of energy exchange between the e 
its contents is radiation. We shall emphasize 
thermal interaction between that environment a 
placed in it. This region of interest begins 
above the surface of the earth of approximately 
height at which the lifetime of spacecraft can e 
one complete orbit. In the region above one hundred miles 
aerodynamic heating effects' are negligible. The density of 
all atomic or molecular particles is so low th 
contribute measurably to the energy balance of 
body even though the particle velocities corre 
atures above 1000°K. Aerodynamic heating effe 
cussed in the next lecture. 


This lecture will be divided into two pa 
part will describe: (a) the characteristics oi 
and internal radiant energy which contribute 1 
energy balance and (b) the materials propertie 
the absorption and emission of energy by the s 
second part of the lecture, to be presented bj 
will describe the spacecraft thermal design pi 
include a discussion of the boundary conditioi 
of the energy balance equations, computer solul 
design of several Goddard spacecraft. 


The external thermal environment of orb: 
consists of radiant energy from the sun, sola: 
fleeted by the earth (or by any other celesti: 
spacecraft) and radiation emitted directly by 


Solar Radiation 

Two properties of the solar radiation a: 
for us: (1) magnitude, (2) spectral distribut 
magnitude of the solar radiation incident on i 
centimeter surface placed normally to the rad 
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where the new symbols are: 

I. - radiated power per unit area and per unit wave 
A length interval at wave length X 

X - wave length 

and c 2 are constants 


A plot of . spectral intensity distribution for blagk- body radiating 
surfaces is shown in Figure 3. The curve for 288 K, corres- 
ponding to room temperature, shows that the bulk of the radiant 
energy is emitted between 5 and 50 microns;, one. per cent- lies 
below 5 microns, 12 per cent lies above 30 microns, 3 per cent 
lies above 50 microns, and 'the peak intensity occurs at 10 ZJi 

microns. At 100°C. , one per cent of the radiated energy is 
excluded below 3.8 microns, three per cent above40 microns, -•/* 
and the peak intensity occurs at 7.7 microns. Actual surfaces 
will emit less radiation at any given wave length and tempera- '.->m 
ture than a black body, but this radiation is confined to the ;f| 
same spectral region. We can now redefine the thermal emittance TJ 
as the ratio of radiation emitted by the surface to that emitted ,, 
by a black body at the same temperature. 


Examples of Thermal Equilibrium with Solar Radiation 


.-mm 


Our discussion up to this point has described solar ' 
radiation, the dominant external source, and the radiation 
emitted by a body near room temperature. We have seen that the 
solar radiation lies in one spectral region, 0.3 to 3 microns, 
and the radiation of a body at or near room temperature radiates 
in a region from 3 to 50 microns approximately. We can anti— 
cipate that when we consider the two other components of the 
radiation environment: (1) solar radiation reflected by the earth 
and (2) the earth's emitted radiation, that the same two spectral^ 
regions will be important. 






Consider next several simple illustrations of bodies in 
equilibrium. The solar radiation absorbed must equal the 
longer wave radiation emitted, thus 


A s sa 


A O' eT 


where the undefined symbols are: 


the area perpendicular to the solar radiation 
solar constant 

total 'area emitting- radiation 


Solving for T gives: 

i f' A! r 

7 • w - - . - s 5_ 

A <r 


v ‘ 

■ ->w$t 


. . 


. ‘--v. 


Equation (4) can be applied to a number of special cases to 1 ^ 

yield an average temperature. As an example, consider a sphere, 

A spherical body in equilibrium with solar radiation will, in 
general, exhibit a temperature gradient because of the difference 
in absorbed energy for the various surface elements which, in 
turn, follows from the variation in angle between the incident 
radiation and these surface elements. Nevertheless, the energy ' " 
balance permits this equation to be solved for an average temper-* 
ature, the root mean fourth temperature over the surface. This 
temperature would be observed experimentally in the interior of 
a hollow sphere. Equation (4) indicates the importance of the . 
geometric factor, A /A, and the ratio of radiation properties, 
a/e, for equilibrium temperatures. ‘ 


Case 1. 


A sphere coated with evaporated aluminum. 
0.10, e - 0.025 


243 x 10 c 
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Case 7. 


A flat plate, perpendicular to the sun's rays; 
black paint on both faces. a - 0.9, e - 0.9 


332°K 


59°C 


A fl a t plate, p e rpendicular to the sun's rays; black 

paint on sun viewing face, evaporated aluminum on back face 

. . T - . 392°K - ,aia°c . . 


Solar Radiation Reflected by the Earth 


- The second component - of the external radiation environment 
to be considered is the solar radiation which the earth reflects. 
The fraction of incident solar power which the earth returns to 
space is called its "albedo”. Solar radiation is returned to 
space by scattering in the atmosphere and by reflection from 
clouds and from the surface. The processes are extrememly 
complex in detail. Scattering by the atmosphere occurs at all 
altitudes. The cloud cover varies in time and space. Cloud 
reflectances vary from 20 to 70 per cent. The surface of the 
earth is characterized by a wide range of reflectances as shown 
in the following table^. 

Fraction of incident sunshine 
reflected 


less than 65 > 


ical 
e of 
dent 






















’ The last component of the external environment- to be - 
considered is the earth emitted radiation. In the last section 
we noted that the earth reflects about 35% of the incident, solar .. 
radiation. If, as we believe, the earth is in thermal equili 
65% of the incident solar radiation is absorbed, and an equal 
amount of power must be emitted. The temperature over the 
surface of the earth ranges from approximately -40 to +40°C; 
the mean surface temperature is about +14°C. The radiation 
emitted by the surface lies predominantly in the region above 
5 microns. The atmospheric water vapor and carbon dioxide 
absorb all the surface emitted radiation except for a band 
from 7 to 14 microns. The atmosphere partially absorbs the 
radiant energy between 7 and 8.5 and between 11 and 14 microns. 

The radiation between 8.5 and 11 microns is transmitted to 
space with little attenuation. The layers of the atmosphere 
will emit and absorb radiation until an altitude is reached 
where the water vapor and carbon dioxide depletion occurs, and 
black body radiation corresponding to the temperatures of these 
upper layers (-55 to -60°C) is emitted to space. The solid 
curve in Figure 3 shows the estimated composite spectral intens 
distribution. The magnitude of the earth emitted radiation 
wiil be discussed in the next section. 


function of latitude for the northern hemisphere as follows: 


Latitude 0 10 20 30 40 50 60 70 80 90 


Albedo .326 .310 .283 .284 .335 .389 .443 .527 .602 .669 


Earth Emitted Radiation 


Precise knowledge of the spectral intensity distribution 
of the albedo radiation is lacking. Calculations of the albedo 
spectrum based on the work of S. Fritz, and knowledge of the 
spectral reflectance of clouds and atmospheric scattering, 
have been undertaken recently. Experiments for the measure- 
ment of this spectrum are planned in the near future. In the 
absence of more accurate information, the albedo spectrum is 
assumed to be identical with the solar spectrum. The magnitude 
of the- albedo -radiation -will. be. discussed, under the orbital .. . 
factors. 






Orbital Factors, Albedo and Earth-Emitted Radiation 


We have, thus far, uescribed the thermal radiation sources 
The impact of this environment will depend on the orbit or tra- 
jectory and on the configuration and thermal properties of the 
spacecraft. 

It was pointed out earlier that the magnitude of the in- 
cident solar radiation varies ±3% with the earth distance from 
the sun. By far the most significant orbital parameter is the 
fraction of the orbital period which is spent in sunlight. For 
near earth orbits, this fraction can vary from about .60 to 1.0 l,_ . 
during the remainder of the orbital period, the spacecraft is in -^5 
the earth’s shadow. The percent of period in sunlight for ellip~|H|| 
tical orbits depends on the eccentricity,' semi-hiarj'or axis,' lddi^ 
tion of perigee, and angle between the normal to the orbital 
plane and the sun-earth line. The percent of time in sunlight 
increases as the. angle between orbital plane and earth-§un li-ne -fg-f 
decreases. .The initial percent time in sunlight is illustrated . ^ 

in Figure' 4 as a function of the launching time*.**’ By selecting ’ , ^ 

the launch time, the initial position of perigee and the initial 
angle between the orbital plane normal and earth-sun line is 
virtually fixed. In general, the orbit will precess because' of . 
the earth’s equatorial bulge and the perigeal point will advance 
along *the orbit. These orbital changes will produce changes in 
the percent of time spent in sunlight. Figure 5 shows how the 
average temperature of a spherical satellite is affected pri- 
marily by the percent of the orbital period in sunlight. 5 iff 

• 

We wish to discuss next the magnitude of the albedo radia— ^ 
tion which may be incident on a spacecraft. It will be recalled 
that the albedo energy varies with the reflectance of the parti- ‘ W 
cular surface. A range of 7 to 70 percent of the incident solar ; ^ 
energy has been noted for clouds and ground elements. In prin— 
ciple, if the albedo of the earth is known as a function of lati-.^ 
tude and longitude, the incident albedo energy on a surface ele- -p£: 
ment in orbit can be computed. In practice, the uncertainty in ;•"«£ 
cloud cover makes a precise calculation virtually impossible. 

What can be done is to compute for an average value of reflect- 
ance. The albedo radiation on a satellite will then depend on 
its height above the earth and position with respect to the sun—:f^ 
lit half of the earth. This position is defined by the angle 
between the sun-earth line and the satellite-earth line; it is • 
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understood that these lines are drawn between centers of the ^%||| 

respective bodies, i.e., the earth-sun line is drawn between 
sun-center and earth-center. The results of calculation by 
F. Cunningham of the earth-reflected solar power incident on a 
sphere of unit cross-section area is shown in Figure 6^. 6 S tie 
the figure is the angle just defined. 0 S equal to zero is the 
sub-polar point on the earth's surface, i.e., the point on the 
earth's surface produced by intersection of the earth-sun line 
with the earth's surface. For an assumed albedo of 0.34, we see c 
that the incident earth- reflected sunshine equals about one-half ^ 

the direct solar radiation at a 125-mile altitude. The albedo jj 

radiation decreases to less than 2 percent of the direct solar ■ .7^11 
radiation as we approach 32,000 kilometers (20,000 miles) alti- ^ 
tude or as we increase 6 S to 90°. 'f.Jj 

The. earth-emitted radiation,, to .which we now turn, presents ^ 
some of the same difficulties as does the albedo. We have' seeft ~ 
that the earth reflects about 35% of the incident solar radiation 
.and absprbes 65% which the earth emits as long wave radiation. 

In Case 3 (page 7) , we calculated the mean temperature of a • * *s if 
sphere which absorbed- 65%' -of -the incident -solar, radiation and. . 
emitted with e * 1.0. For the earth, "e" must lie between 0.9 
and 1.0 (70% of the earth's surface is water having an "e" value 
equal to 0.95).. Our. calculation gave T - 250°K (-23°C). This 
value may be a good one for the average planetary temperature if 
we recall that the average surface temperature is +14°C and the £ 
temperature of the upper atmosphere, which radiates to space, is ^ 
about -60°C. From our tab-le (page 4) of the radiation emitted 
by a black body, we see that the earth emits, on the average, -0 
almost 24 x 10”^ watts cm“2 (21.2 watts ft“^). The earth-emitted ir- 
radiation incident on a sphere of unit cross-section area as a 
function of altitude is shown in Figure 7. The earth-emitted 
radiation incident on a flat plate is shown in Figure 8, where . > 
the angle between the normal to the plate and the plate-earth 
center line is a parameter. The earth— emitted radiation incident 
on a sphere at 20,000 miles is less than 2% of the direct solar - 
radiation. 
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Factors Affecting Radiation Properties Required for Coating 


(2) We consider next the effect of the magnitude of the 
internal dissipation. As the value of internal dissipation in- 
creases, higher emittance values are needed. The effect of the 
internal power dissipation on the average temperature can be ob- 
tained for simple configurations in equilibrium as follows: 


If Pi is the internal dissipation, then equation (3) becomes 
Ag sa + Pi = AcjeT* 


Introducing the definitions 


In the preceding discussion we have seen that two radio- 
metric properties of spacecraft surfaces, the solar absorptance 
and thermal emittance, play a major role in establishing the 
thermal balance in orbit. The range of properties available and 
a few examples of coating materials were mentioned. In the re- 
maining portion of this half of the lecture, I propose to con- 
sider, qualitatively or semi-quantitatively, the factors influ- 
encing the values of solar absorptance and. thermal emittance .. . 
Which" are selected. We will be concerned with both the a/e 
ratios as well as their absolute values. 


• ( 1 ) -We consider first the effects Of the temperature 

limits which may ..be tolerated... In general i.- high temperatures'" 
will tend to require high ratios of a/e and low temperatures 
will contribute to low a/e values. Our previous examples of 
spheres in equilibrium with solar radiation showed that tempera- 
tures of -610, 6° and 122°C correspond to a/e values of 0.3, 1.0 
and 4.0, respectively. This factor suggests no preference for 
low or high absolute values of a and e. 


p i 5 p i A and * = Pi/s 

where Pi is the internal power dissipation per unit surface area 
and k describes the internal power dissipation density in terms 
of the solar radiation density, equation (5) can be written 





and for the case of the sphere A s /A =* 1/4, and 


r 4 - / a + k\ s 
) oe" 


Th^, relation between e fo^ any internal dissipation and 
temperature" ’T to e 0 , the' case for zero internal ' dissipation' and 
the same temperature T is obtained by equating T 4 from equation 
(3) to T , equation (8). 


../a.,+ kA -s-- > a , s 
J oe ae Q 


1 + 4k 
a 


( 10 ) 


It also follows for a sphere of given a and e that the re- 
lation between the T 4 and T 0 4 , corresponding to the cases with 
and without internal dissipation, is 


T%4 « 1 + 4k/ 

A o 


(ID 


The effects of internal dissipation on temperature and on 
thermal emittance for the case of a sphere are shown for a few 
values of a and k in the table on page 14. 
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The third factor to be considered is the temperature gradient 
over the spacecraft. In general, the incident and absorbed 
energies on each element of the spacecraft will vary with posi- 
tion on the surface. The gradient is affected by many factors: 
spin or zero spin, orientation of spin axis with respect to the 
sun, possibility of radiant heat transfer within the spacecraft, 
thermal conduction between high and low energy absorbing surface 
elements, and internal dissipation distribution. To gain a 
little insight into the problem, we shall examine the temperature 
distribution of a simple configuration. 

Consider a spherical sheli without” spin (6r spihhiiSg tirfth 
its axis parallel to the sun’s rays) in equilibrium with solar 
radiation. Three restrictions will be made: (1) no gradient 

in the radial direction exists ; (2) the inner: surface of the - • 
•shell- -emits (and reflects) diffu-se.lv... and -13) heat . transfer, by. ... .. 
conduction in the tangential direction is negligible. Restric- 
tion (1) is commonly realized in this shelled spacecraft. Re- 
striction (2) is approximated by many surfaces. Restriction (3) 
is not realistic for metal structures, but it may be observed 
that conduction in typical thin-skinned spacecraft can permit 
gradients of the order of 100°C or larger. 

The solar absorptance and emittance of the outer surface 
are a and e-jj the emittance of the inner surface is e 2 - In 
Figure 9, a sphere is shown which defines the geometry of the 
thermal balance. Because of symmetry, the temperature will be a 
function of angle 6, and isotherms will be defined by those cir- 
cular strips for which 5 is a constant as shown in the figure. 

The area of a circular strip is 27rr 2 sin 0 <10. The solar radia- 
tion absorbed by it is given by 2jrr 2 sin 9 cos B sa d 9. The 
inner surface of this element will receive and absorb radiation 
from the remainder of the sphere. Because of the spherical shape 
and the diffusely emitting inner surface, the radiation per unit 
area incident on all inner surface elements is identical. This 
incident radiation per unit area on the inner surface is black 
body radiation -corresponding to the mean of fourth power of the 
temperature of the sphere, cT , and the radiant energy absorbed 
by the inner surface of a circular strip is given by 27rr 2 ae2T 4 
sin 9 d0. The radiation emitted by both sides of the circular 
strip is 27rr z a(e 1 + e2> T 4 sin 6 d0. The statement of thermal 
balance for the circular strip, after cancelling the factor 
2irr^ sin 9 d0 common to all terms, is 


vim 



ba cos 


°2> T 


( 12 ) 


T”* t the root :..eun i urth power of the a sphere, can be ob- 
tained from equation (8) setting k =0, 

7 1 * -• sa (13) 




and substituting (13) in (12) gives 

sa cos 5 + sae 9 =• a (e. + e 9 ) 


,1 . 


yeas ' + t 9 ^ sa 

A , • . ' ' S 1 + e 2>. .... 


(14) 


mm 



The maximum temperature occurs for 0=0, corresponding to 
the spacecraft subsolar point. The hemisphere defined by 
0 = tt/ 2 to 0 = tt is an isothermal one at the minimum, temperature; 
this result follows from the fact that no external radiation is 
received by this region and the internal radiation is uniformly 
incident. The magnitude of the variation for this spherical shell 
can be expressed as the ratio of 

T 4 (0 - 0) to T 4 (0 = t/2). 


T 4 (0) 


1 + e 2 


(15) 


(ir/2) 




as follows iiom equation (14). 

The ratio for a few interesting cases is hown in the next 
table. 
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T*(0) 

151x10° 

213x10 

151x10° 

89x10° 

277x10 

T 2 (tt/2) 

30xl0 8 

lOxlO 8 

30xl0 8 

48x10® 

231x10 

T(0)°C 

78 

108 

78 

36 

134 

T(-/2)°C 

-38° 

- 95 

-38 

-7 

117 


■'The tabie indicates that low absolute values of .tfte ex- _ 
ternal' surf ace a - 'and e ’ Combined with a high absolute value for 
the emittance of internal surface yield the smallest gradients. 
The column at the extreme right corresponds roughly to the con- 
ditions -applicable to the Echo I satellite. For this case, the 
assumption of negligible tangential conduction is realistic, 
and a gradient of the order of 30°C was anticipated. Without 
internal radiation exchange, the gradient could have exceeded 
300°C. 


The fourth factor to be considered for its effect on the 
radiation properties required for thermal balance is the period 
of time spent in the shadow of the earth and its relation to the 
heat capacitance of the spacecraft or spacecraft subsystem. 
Satellites are in orbit or will be placed in orbit in the next 
two years with' shadow times ranging from approximately 30 minutes 
to six hours. While in the shade, the spacecraft loses energy 
at a rate depending on the thermal emittance of the external 
surface. Components in the interior will lose energy at a rate 
which depends, in addition, on the thermal impedance between the 
component and the surface. The use of vacuum insulation composed 
of a number of layers of aluminized mylar is one technique em- 
ployed to increase the time constant. From the standpoint of 
radiation properties, it is evident that low absolute values of 
thermal emittance are suggested by long periods in earth shadow 



y 



During the launch phase, the spacecraft is protected by the 
fairing of the vehicle. The fairing is heated aerodynamically 
and, in turn, heats the spacecraft by radiation. After removal 
of the fairing, the spacecraft is exposed to direct aerodynamic 
heating at a rate which depends on the altitude and velocity of 
the spacecraft. In the first of these two launch phases, the 
effect of heating from the fairing suggests a low absolute ther- 
mal emittance for the surface of the satellite. The second v- 

phase of direct aerodynamic heating suggests a high emittance in t: 
order to accelerate the re-radiation of absorbed energy. V? ; 

There are several factors which may be designated as general 
design considerations which will have a direct bearing on the s 

selection of solar absorptance and thermal emittance properties. . ^ 
Ttfog^nerhl design factors are considered here: (D theemploy- 

ment of active temperature control; (2) the use of a design 
which largely insulates the interior of the satellite from the 
external radiation and attempts to adjust' the’ rate at which the- 
intern^al. .heat is removed in order to achieve acceptable .tempera-* 
tures in the interior of the spacecraft. 

An active temperature control system is one which adjusts 
One or more of three parameters: the solar absorptance, the 

thermal emittance, the thermal impedance between the temperature- 
controlled region and the exterior of the spacecraft. Adjustment 
of the solar absorptance or thermal emittance may be accomplished 
by a variety of mechanical schemes. In general, these make it 
possible to present one of two surfaces to the external incident 
radiation as absorbers of solar radiation or emitters of long- 
wave thermal radiation. Active temperature control systems 
generate a need for coatipgs with high and low absolute solar 
absorptances and for high and low thermal emittances. 

The use of a thermal design which attempts to insulate the 
interior from the external radiation requires both high and low 
thermal emittance surfaces. No preference for low or high absorp- 
tance is made by this design. 

The last group of factors to be considered relates (1) to the 
accuracy with which the radiation properties can be determined, 

(2) to the degree with which they can be reproduced, and (3) to 
the extent to which they change before, during, and after launch. 
The measurements of solar absorptance are least accurate for low 



absolute values. When an optical method is used, the quantity 
measured is the reflectance as a function of wave length. For 
opaque materials, the reflectance is equal to (1 - absorptance) . 
If care is exercised, reflectance can be measured to about one 
percent for normal incidence and specular surfaces. For highly 
reflecting surfaces such as evaporated gold and evaporated 
aluminum, an error of one percent in reflec tance c orresponds to 
an error of 5 to 10 percent in—arbserptanceT THe~uncertainties 
in the measurement of thermal emittance generate a similar pre- 
ference for coatings with high absolute values of emittance. 

The problems of coatings’ reproducibility and freedom from 
contamination due to pre-launch handling, as well as launch 
fairing out gassing, also suggest a preference f.Qt coatings wi.th . . 
high absolute values. 

. .... . .. . ...... - ■ • • •• •■■■*■• •• 

Spacecraft Thermal Balance 


When the external radiation sources are specified ■ and inter- 
nal dissipation defined, we can initiate the gross thermal bal- 
ance needed for determining the average temperature. This part 
of the lecture will conclude with a brief statement of this pro- 
cess. In practice, extensive and detailed analyses requiring 
the use of large digital computers are employed to solve the 
numerous heat transfer equations which describe a spacecraft in 
sufficient detail, as will be shown by Mr. Kidwell in the second 
half of this lecture. 

The relation for the isothermal heat balance is obtained by 
combining the radiation absorbed at the outer boundary and the 
internally generated heat as follows: 

p s a + P a a + P e e + p i ~ A_T 4 (15a) 


A ae T 


where the new symbols are: 


solar radiation incident 
earth-reflected solar radiation 
earth-emitted radiation 


internal heat generated 
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The introduction of the earth-emitted radiation and inter- 
nal power dissipation terms modifies the dependence of mean 
temperature on the a/e ratio* The dependence of mean temperature 
on a/e is shown in Figure 5 for spherical satellites with negli- 
gible internal dissipation. The significance of P a plus P e com- 
pared to P s depends on the size and inclination of the orbit. 

P a plus P_ will be negligible at altitudes of 20,000 miles. P a 
is negligible when the normal to the orbital plane is coincident 
with the earth-sun line. For low orbits, e.g., 200 miles, and 
when 60% of the orbit is sunlit, P plus P can approach 40 per- 
cent of P s . At 1000 miles, P plus P hasaropped to 19 percent 
or less*,.. . 


. . i._ . 
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PART II 


Spacecraft Thermal Design 


The purpose of this part of the lecture is to describe 
in some detail how a thermal design is executed and to discuss 
some of the' problems. The function of a thermal design is to 
maintain spacecraft temperatures within safe limits. Tempera- 
ture tolerances are not always known accurately, but typical 
values are 0°C to 40°C for batteries and -10°C to +50°C for 
most electronic circuits. The median, 20°C, is normal room 
temperature. 

.. .. , There .are. t.wo. .gep.e.ral^ methods., one- passive .and. the .other- 

active , which are used to control spacecraft temperatures. With 
passive control, temperature is determined primarily by the 
properties of' the external surfaces and_ the orbital environment. 
As the environment' changes the' temperatures' also change. Active 
control systems regulate temperature by adjusting either - •the" ' • • ' 
surface properties or the internal power dissipation. 

There are two principal factors which can cause changes 
in the mean orbital temperature of a satellite. They are % 
time in sunlight, and attitude. For. orbits close to the earth, 
the % time in sunlight can vary from 60% t'o 100% with the 
rotation of the orbital plane about the earth and the rotation 
of the earth about the sun. Average albedo inputs are maximum 
for the minimum sunlight orbit and vice versa, whereas the inputs 
from earth radiation are independent of the orientation of the 
orbital plane. The % sunlight factor, including earth radiation 
and albedo, can cause approximately 20°C variation. in the mean 
temperature of a passively controlled satellite in a near earth 
orbit. 

The solar energy absorbed by a satellite is proportional 
to its projected area normal to the sun. If the spacecraft structure 
is non-spherical, the absorbed sunlight is a function of solar 
aspect or attitude. Since the absorbed energy is the product of 
the solar constant, solar absorptance and projected area, 
attitude effects oh temperature can be partially compensated by 
proper application of coatings with different absOrptances. This 
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compensation cannot be complete. As an illustration, a cube 
with a uniform coating will absorb about 40% more energy at a 
45 aspect than at an aspect normal to any face. Therefore, - 
with compensation so ‘that the maximum change in absorptance 
projected area product is 40%, the mean temperature of a 
passively controlled non-spherical satellite can vary as much 
as 30 C with attitude in an orbit far away from the earth. 

Other factors which can contribute to uncertainties 
or fluctuations in mean temperature are tolerances in the a/e 
of the thermal coatings, variations in the solar constant and 
changes in internal power dissipation. A ±10% tolerance for 
the coatings and a ±3.5% seasonal variation in the solar con- 
stant cause 15 C and 5°C, respectively, total changes in mean 
temperature. Similar general estimates. . for. internal- -pewer-.-- • 
dissipation cannot be made because the temperature change 
depends on the total surface area and surface emittance. 
However, an example can be given. The temperature of- a 3-foot 
diameter sphere with an emittance of 20%' will vary about 0.5°C 
pgr. watt. * . ■•• ••. •. • — •- •• 

The mean temperature factors can be summarized briefly. 


% Sunlight (30%) 
Attitude (40%) 
' Coatings (20%) 


20°C 

30°C 

15°C 


Solar Constant (7%) 5°C 


■:^ 0 - 




Internal Power 


indefinite 


If all effects are assumed to be cumulative under worst 
conditions, the following generalizations may be made regarding 
temperature limits of internal components, when internal power . 
dissipation is neglected. A spherical satellite can be designed 
to operate within a 20°C temperature range away from the earth 
and a 40 C range near the earth. Similarly, a non-spherical 
satellite can be designed to operate in a 50°C range away from 
the earth and in a 70 C range near the earth. These, of course, 
are only generalizations and refer particularly to passively 
controlled satellites under worst conditions. On the other hand, 
mean temperature is only one consideration in a thermal design. 





At this point, I would like to discuss the thermal 
designs of two satellites, the S-6 Atmospheric Structures 

Satellite, and the joint Br itish-American Satellite, Ariel I. 

» 

S-6 Atmospheric Structures Satellite 

Figure (10) shows the physical configuration which is a 
3 ft. diameter stainless steel shell crammed full of mostly 
electronics, batteries, and supporting structure. The orbit 
parameters are 250 km perigee, 900 km apogee, and 64.3% to 
.100% sunlight. Internal power dissipation depends on command 
“signals ifrom tracking stations "and can" vary" from zero to a maxi- 
mum of 100 watts for 250 seconds, 12 times a day. This is 
equivalent to from 0 to 3.5 watts average power. . The space- 
craft is spin stabilized and is to- have an expected- lifetime' 
...... of. 120 -days..-.. .78 *4% .of. the ...spherical surface is .coated, with 

an' opaque coating of evaporated aluminum plus an overlay of . 

. 10 quarter wave lengths at 0.55 microns of evaporated silicon 
monoxide (a - .17 ± .01, e * .235 ± .01). The remaining 21.6% 
area is polished stainless steel (a - .40 ± .02, e - . 12 ± .01) 
The average a/e is 1.04. Hemispheric values of absorptance and 
emittance are used. 




Figure (11) shows mean temperature as a function of a/e 
for maximum and minimum sunlight orbits. Tolerances on a/e 
are estimated to be ± 6.5% by a root mean square calculation 
of individual tolerances rather than the worst combination of 
minimum and maximum values. When this tolerance is combined 
with the ± 3.5% seasonal variation in solar constant, the 
combined tolerance is ±10%. Internal power of 3.5 watts will 
increase mean temperature about 1.5°C, so that flight tempera- 
tures are predicted to remain within limits of approximately 
0°C to 30°C. 

The stainless steel areas are distributed in eight 
circles centered about surface mounted electron temperature 
probes, -pressure gages and mass spectrometers. This slightly 
non uniform distribution of the coatings should not cause 
more than 3°C change in mean temperature with solar aspect. 
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The choice of thermal coatings was restricted by the .. ugl 

experimenters* requirements for a clean and conducting outer 
surface. Their preference was for a polished, stainless 
steel sphere sealed so that internally generated contaminants 
could not reach the instrument ports. The aluminum silicon- 
monoxide coating was acceptable except for its electrical '?f 

insulating properties. The uncoated areas near the instruments 
satisfied the minimum requirements for a conducting surface. ^ 

The coatings were applied by Dr. Hass of USAERDL, Fort Belvoir, i 
Virginia, who first developed this technique for the Vanguard 1 

satellites. 

*•. . *•}. 

...... . .-. Although mean -temperature of-.the.-S-p 6 - is almost independent- 

of attitude, skin temperatures are not. Skin temperature gradients 
were minimized by blackening interior sphere surfaces and inter- 

nal components to maximize radiation transfer. Computed gradients 

are 25°C between Q the equator and the poles when the sun shines 
broadside and 30°C'T>etw£e£f the^poles when the sun shines -down • -i 
the spin axis. ^ 


The coatings were limited by the experimenters' require- 
ment for a highly conducting surface to gold or rhodium with 
a minimal area painted for temperature control. The final coat- 


Ariel I 

Figure (12) is a photograph of Ariel I. It has an 
almost spherical epoxy-fiberglass structure, and it is powered 
by solar cells mounted on four paddles. The orbit parameters 
are perigee 370 km, apogee 1027 km, % sunlight 63% to 100%, 
and solar aspect, ± 45° from the satellite equator. The major 
problems were: (1) • temperature control of three experiments, 
the mass spectrometer which is the small sphere located forward 
of the main structure, the cosmic ray experiment which is 
located inside the dome beneath the mass spectrometer, and the 
electron temperature electronics, which is inside a large boom 
mounted cylinder, (2) the calculation of absorbed sunlight as 
a function of attitude because of the shading of one part by 
another, and (3) the thermal coatings. 






second requirement was for an antenna ground plane of several 
mils of copper between the fiberglass structure and the thermal 
coatings. Figure (13) shows how these . coatings were built up. 
Starting from the fiberglass, the layers are (1) a sealing 
varnish, (2) a metallising lacquer, (3) conducting silver paint, 
(4) electroplated copper, (5) and (6) the varnish and lacquer 
again, (7) evaporated gold, and (8) the paint. There is more 
art than science in coating techniques, but this process was 
developed to solve problems of adhesion, substrate boiling 
through outer layers when heated, and of providing a mirror 
like finish for the gold. 


The shading problem was solved by taking photographs 
of a scale model of the satellite at approximately 80 attitudes 
about two axes . To satisfy th$ temperature, limits, of. the. * ... . ... 
experimenters, temperatures were computed at 30 points in 
■ the- satellite as a fhhctiorr Of solar 'aspect'/ The governing 
equations were programmed for an IBM 7-30 computer and solved 
for a variety of coating patterns selected on a trial and 
error basis 

Figure (14) shows a plot of % time in sunlight, solar 
aspect, and mean temperature of Ariel I as a function of days 
after launch. It should be noted how closely the temperature 
follows the % time in sunlight and also that the temperatures 
run from about room temperature to nearly 50°C. These temper- 
atures are running about 4°C higher than the maximum values 
computed on the basis of +10% tolerance for the coaling 
properties and solar constant combined and about 12 C higher 
than computations based on measured values. As a matter of 
interest this is one of the satellites which was exposed to 
radiation from the high altitude atomic test last July. 


The Thermal Model 

. The heart of a thermal design is the thermal model, an 
approximate mathematical representation of the spacecraft 
consists of a set of from one to 50 or more equations describing 
the heat transfer among the selected points or nodes of a 
structure. The selection of nodes is governed partly by con 
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Equation (16) represents a system of N equations in N 
unknowns to the first and fourth powers for which there is no 
analytic solution. Under equilibrium conditions and when 
conduction may be neglected each dT/dt and K equals zero and 
the transformation 

t t • 

dr) 2 = T* 


results .in a. .system of .algebraic ...equations. ..in. z? which, can he. 
solved by matrix algebra. However; in general, conduction 
is appreciable and non-equilibrium solutions are required so 
that approximate methods must be used. If the fourth power 
terms are approximated by the first two terms of a Taylor 
expansion 


It is noted that this equation allows for heat stored, 
inputs from sunlight, albedo, earth radiation and internal power 
radiation to space, and both conduction and radiation among nodes 
Most of these coefficients are written symbolically. The major 
effort in a thermal analysis is to supply the numerical values 
for these coefficients. 


where 


U2> Cy - ; 

a/ 3 ' // 3 

(23> Qu <7 ^ t f-Ai<re i Yi + It 4-Ai<rfuj Y 
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The solution of equation (21) is only accurate as the 
approximation of equation (20) . The solution can be obtained 
to any accuracy simply by the following iterative process. 
Initially arbitrary values of say 300°K are assumed for each 
Y . , then trial values of T. are obtained from the first 
solution. Then for the second solution, the T^’s from the 
first solution are used for the Yj/s. Three iterations are 
required to reduce the error within 0.1°C if the initial 
estimates are not off more than about 50°C. 


Transient solutions can be obtained in a similar manner 
with matrix algebra simply by approximating the cferivatives by 


41 - - T(i) 

Jt ~ at 


It is not necessary to use the iterative technique to gain 
accuracy, and equation (25) becomes simply 


(26) C/J. „ 

Jt At 


where Y. is the solution for T. for the previous time interval. 
The matrix method has an advantage over the usual finite differ- 
ence methods in that it is always stable. 


These equations are easily programmed for a digital 
computer. Once a program is available all that should be 
necessary for thermal design studies is to feed in the non- 
zero coefficients of equation (16) and wait for the answers. 

Temperature Gradients - Explorer XIV 

Figure (17) shows a picture of Explorer XEI which was 
physically almost identical to Explorer XIV. The orbit is 
highly eccentric and the satellite is in s.. alight almost all 
of the time. The problem areas in the thermal design were 
(1) the transmitter which is mounted on a plate at the base of 
the spacecraft, (2) the magnetometer which was located at the 
end of the forward bcom, (3) large changes in power dissipation, 
(4) the possibility of up to 5 hours in shadow, and (5) large. 

. s.olar aspect- changes coup led ^w-it-hn a highly- non*-sphericiCT '* ' * 

structure. The only restrictions on the thermal coatings was 
that electrical conduction paths which circle the magnetometer 
be broken. . • . % . . .-.•••• -• • •■ . s :■••••■ 

^ .. . . . , t . -.•••% v * •- 

• Figure (18) Shows the temperatures at four locations, 
the magnetometer, transmitter battery and encoder for the 
first 150 days in orbit. The battery and encoder are located 
on an equipment shelf which is the region inside the octagon 
shaped area. The solar aspect varied from 25° to 165° 
referred to the forward direction of the spin axis. It should 
be noted that the transmitter and magnetometer temperatures 
vary much more than the battery and encoder. Figure (19) 
shows temperature transients during a two hour shadow period. 
Thus far, including both solar aspect and shadow gffects, the 
transmitter has experienced temperatures from +60°C to -35°C. 

Launch Phase 

Transient heating or cooling and contamination of 
temperature control surfaces and surface-mounted equipment 
are the two major problems during launch. There is radiation 
from nose cone inner walls during ascent through the denser 
air and then after nose cone ejection, there is direct aero- 
dynamic heating on the spacecraft’s forward surfaces. Then 
there can be a transition period where the vehicle may coast 
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for minutes or hours until the last stage is fired (or re- 
started) to inject the satellite into orbit. Figure 20 shows 
calculated temperatures of the solar paddles on Explorer XII 
while tied down against the sides of the third stage. 


The outgassing from a heated nose cone may condense on 
payload surfaces and substantially alter the properties of 
optical surfaces and sensors. Figure 21 shows the Explorer X 
magnetometer inside the Delta nose fairing. It also shows the — “ 
thermal coatings of evaporated aluminum and aluminum paint 
which were designed with an a/e of 1.6 to operate the magneto— 
meter sphere at 4Q,°Q_in.. ; 3s,.4lEhJ-y..-fi.ccentrlQ-.or.bit-. .. The- magneto— > 
r '* ‘meter malfunctioned in orbit when its. temperature reached 

equilibrium at 60°C. Later, from simulated tests with heated 
nose cone samples, it was demonstrated that coptamipqtiou, . * 

• approximately doubled the absorptahce of the eyapbrated alu-. 
-mlnum: and - thereby' Caused the failure. Fbr "Explorers' XI I,.’ XlT 
and XV, either Teflon* or an ablator was applied to the outer 
fairing surfaces to reduce contamination levels. For Ariel I, 
both an ablator on the outside and a Teflon shield on the in- 
side were used. 



■mm 

km 


Design Verification 


f 

Many aspects of a thermal design require experimental 
tests for: (1) evaluating conduction across interfaces; 

(2) observing temperature gradients in complex equipment and 
spacecraft structures; and (3) checking thermally optical 
measurements of .coating properties. In addition, there should 
be full systems tests of a complete satellite in a simulated 
space environment. To verify the thermal design, solar simula- 
tion is required. Unfortunately, the accuracy of current solar 
simulation facilities is not sufficient for this purpose. 
Telemetered data from orbiting spacecraft provide the only in- 
dependent verification of a thermal design. 


♦Reg. Trade Hark 
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“ u ***P^ e Reflection and Absorption by a Wedge 
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V • -•= - 


-turn WLkckbtmt 


\ ^APKOYlttt ISUXATK# 0BC*t 

X £j€77/ <{ A7Ma£t//£JPJF 
^ \ 

\ 

\ 

\ 

\ 


2/fi*K BtACMQpf 


WVE Uk&lH ^ 

Blackbody Spectral Intensity Distribution and Estimate of 
Earth-emxtted Radiation Returned to Space 

Figure 3 
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PERCENT SUNLIGHT TIME PER PERIOD 




PERCENT TIME IN SUNLIGHT 


DEC. 21 (WINTER SOLSTICE) JUNE 21 (SUMMER SOLSTICE): ADD 

, 12 HOURS 3 MINUTES. 

FOR TWO WEEK FUTURE CONDITIONS: ADD 6 n 0 m FOR THE 200-800 

MILE ORBIT OR ADD 4 h 50 m FOR THE 200-1500 MILE ORBIT. 


I - ELLIPTICAL ORBIT -200-1500 
MI. APOGEE AWAY FROM SUN. 

2- ELLIPTICAL ORBIT - 200-800 
MI. APOGEE AWAY FROM SUN. 

3 - ELLIPTICAL ORBIT- 200-1500 
MI. APOGEE TOWARD SUN. 

4- ELLIPTICAL ORBIT - 200-800 
MI. APOGEE TOWARD SUN. 

5 - ..CIRCULAR ORBIT HEIGHT 

200 MI. 
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Figure^ 6 - Incident Earth-reflected Solar Radiation 
per Unit Cross-sectional Area of a 
Spherical Satellite Plotted as a Function 
of Altitude for the Range 200-32,000 kn 
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- ' Rgure 18 — Explorer XIV temperature data;.. 
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